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The growth of the manmade orbital debris population poses accelerating risk to the 

operational safety of both manned and unmanned space assets. Several government and 

private entities around the world identify, track, and monitor the debris population, though 

current tracking technology does not allow for an exhaustive mapping of the complete 

debris field. Currently the Space Surveillance Network (SSN), operated by the U.S. 

Strategic Command, is a recognized authority for tracking space objects and has the 

capability of identifying orbiting objects down to approximately 10cm in diameter. SSN 

tracks over 20,000 objects now in orbit. However, there is an estimated 500,000 objects 

1cm to 10cm in diameter and over 100 million objects smaller then 1cm. These objects 

consist of intact operational and non-operational spacecraft, upper stage rocket bodies, 

and natural materials such as meteoroids. The vast majority of concerning objects, 

however, are debris fragments resulting from on-orbit breakups – primarily explosions of 

upper stage rocket bodies and collisions with intact satellites. To account for these 

fragmentation objects that are generated during an on-orbit collision, orbital debris 

scientists employ a leading statistical population model developed by NASA called the 

Standard Breakup Model. The Standard Breakup Model uses a combination of on-orbit 
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tracking data and terrestrial ground hypervelocity impact tests to predict the population 

and ejection velocity of collision debris fragments.  

The Standard Breakup Model is based in part on a series of breakup tests – the 

most important being a 1992 hypervelocity impact test, the Satellite Orbital-debris 

Characterization Impact Test (SOCIT), on an un-flown U.S. Navy Transit satellite. This 

impact test served as the primary input to the Standard Breakup Model when the fully 

operational Iridium-33 satellite accidently collided with a defunct Russian Kosmos satellite. 

When the resulting debris field was tracked by the SSN and compared with the results of 

the breakup model, a noticeable discrepancy appeared. While the Standard Breakup 

Model successfully predicted the population of the Kosmos debris field, it did not 

successfully predict the population of the Iridium-33 debris field. This discrepancy was 

attributed to the fact that the satellite used in the primary hypervelocity impact test, SOCIT, 

was an obsolete 1960’s satellite with outdated materials, components, and construction 

methods. Therefore, it was determined that the Standard Breakup Model should be 

updated to better predict the debris field of modern satellites and that a new ground based 

hypervelocity impact test needed to be conducted.  

This thesis addresses specific design considerations for a representative satellite 

currently being designed to improve the Standard Breakup Model and presents 

hypothetical hypervelocity impact test considerations that could be used to simulate an on-

orbit fragmentation.  
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CHAPTER 1 
INTRODUCTION 

Motivation 

The Orbital Debris Program Office (ODPO) at Johnson Space Center (JSC) 

tracks and monitors objects in orbit from low Earth orbit (LEO) to Geo-synchronous 

Earth orbit (GEO). The office uses tracking measurements and statistical breakup 

models that are used in the current long term satellite population model LEO to GEO 

Environment Debris model (LEGEND). In addition to in-situ tracking events, the 

statistical breakup model is based upon terrestrial hypervelocity impact tests. Several 

impact tests have been used to improve the breakup model, though the SOCIT test 

series conducted in 1992 has been the primary impact test on which the breakup model 

is based [1]. Following the breakup of the Iridium 33 and Cosmos 2251 satellites in 

2009, the ODPO has investigated the accuracy of its satellite breakup model, a critical 

input to LEGEND, with regard to modern materials. The ODPO, in cooperation with the 

University of Florida, The Aerospace Company, and the Air Force Space and Missile 

Command, seeks to improve the breakup model by conducting a new terrestrial 

hypervelocity impact test. 

History and Background 

Orbital Debris Risks  

Man-made objects have been placed into Earth orbit since 1957 when the former 

Soviet Union sparked the space race with the launch of Sputnik. Since the beginning of 

the space era in 1957, the number of artificial satellites launched into Earth’s orbit has 

steadily increased [2]. Beginning with Sputnik, the North American Aerospace Defense 

Command (NORAD) began maintaining a database, the Space Objects Catalog, of all 
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known man-made objects launched into space. Upon the release of this database in the 

1970’s, Donald Kessler, who’s previous work detailed the collisional formation of 

asteroids in the asteroid belt, began apply his asteroid belt analysis to the objects 

tracked by NORAD database. Kessler and Burton Cour-Palais concluded that a 

collisional instability, similar to the formation of the asteroid belt, would occur in the 

near-Earth orbit regimes over coming decades as the number of man-made objects 

inserted into orbit increased [3]. This theory, now popularly known as the Kessler 

syndrome, has since been continuously studied by the scientific community [4]. 

The propagation of the Kessler syndrome presents the realization of 

exponentially increasing collision risks, both catastrophic and non-catastrophic. As of 

2011, the NORAD Space Surveillance Network (SSN) tracks more than 22,000 objects 

with a diameter of 10 cm or greater. In addition, more than 500,000 objects with a 

diameter between 1 cm and 10cm as well as more than 100 million objects smaller than 

1 cm are predicted to exist in the near-Earth orbital environment. While the number of 

objects is concentrated under the 1 cm diameter regime, the majority of the object mass 

is concentrated in approximately 2000 objects in the larger 10cm and up regime [5]. The 

primary risk posed by orbital breakups stems from the explosion and fragmentation of 

spent upper stage rocket bodies. However, following the 2007 China anti-satellite test 

and the 2009 accidental Iridium 33 and Cosmos 2251 collision, collision fragmentation 

has become a significant percentage of trackable orbital debris [4], [6].  

Previous On-Orbit Events 

Historically, the primary contributor to the growth of orbital debris has been the 

explosion of spent upper stage rocket bodies. Recently, however, collision 

fragmentation, both intentional and accidental, has become a significant contributor the 
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debris object population with several recent on-orbit collision events contributing to the 

problem [4]. A non-exhaustive selection of events of particular relevance to this 

research work is detailed and given. 

Since the late 1950’s the Unites States, China, and former Soviet Union have 

researched numerous anti-satellite weaponry (ASAT) designed to eliminate targeted 

satellite capabilities. Tests began with a host of ground and air based interceptors that 

explored the utilization of conventional, nuclear, and kinetic energy warheads. Though 

ASAT research has continued through various programs since the late 1950’s by the 

U.S., U.S.S.R., and China, only two successful on-orbit intercept tests by the U.S. are 

known to have occurred – the 1985 Solwind P78-1 ASAT test and the 2008 USA-193 

takedown.  

Solwind P78-1  

The Solwind P78-1, shown in Figure 1-1, was a scientific coronal research 

satellite constructed by Ball Aerospace as the main contractor and was used primarily 

for solar observation. Launched in 1979, the 898 kg satellite suffered from Electrical 

Power System battery power failures early into the mission that would often shut all but 

the most vital systems down due to under-voltage warnings. The Solwind began 

inflating operation costs and termination of the program was considered prior to its 

selection as an ASAT target. The U.S. Air Force, concerned over recent successful 

Soviet Union testing, began research into a serious anti-satellite weapon and developed 

an ASM-135 for anti-satellite operations. On September 13th, 1985, a modified F-15 

launched the ASM-135 and successfully destroyed the Solwind P78-1 at a closing 

velocity of 22,000 km/s. 
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Figure 1-1. The Solwind P78-1 

Observation of the resulting debris field began approximately twelve hours after 

the collision using the Perimeter Acquisition Radar Characterization System (PARCS) 

and SSN; over time the collected data suggested approximately 300 objects larger than 

10 cm were created by the ASAT test, which was significantly lower than the 800 

objects predicted by the NASA Standard Breakup Model [7] [8].   

Observation data from the Solwind ASAT was considered a significant source of 

breakup information when the NASA Standard Breakup Model was revised in the late 

1990’s [7].   

USA-193  

The second known U.S. ASAT test occurred on February 22nd 2008 when the 

satellite USA-193 was intercepted by a modified ship launched ballistic missile. The 

USA-193 was a classified National Reconnaissance Office (NRO) satellite with an 

unknown payload and mission. System failure occurred early into the mission which 
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rendered the spacecraft inoperable and began a reentry trajectory back to Earth’s 

atmosphere. Due to the early failure and subsequent loss of spacecraft control, USA-

193 contained a full fuel tank of approximately 450kg of the toxic and reactive fuel 

Hydrazine. This fuel tank was expected to survive reentry to the surface where, if 

landing in a populated area, could cause death and injury to people. Following this 

determination, the U.S. government publically announced the intent to conduct an ASAT 

takedown using a highly modified Standard Missile 3 anti-ballistic ship launched missile 

to destroy the satellite and its fuel tank prior to reentry.  

To mitigate the consequences from the fragmentation of USA-193 the ASAT was 

conducted following orbit degradation from a periapsis of 349 km to a periapsis of 247 

km just prior to reentry [7]. The low altitude of USA-193 at the time of the takedown 

caused an unknown majority of the resulting fragmentation to immediately reenter the 

Earth’s atmosphere. Thus, the SSN only tracked approximately 360 fragmented objects 

following the breakup even though the applied NASA Standard Breakup Model 

predicted approximately 1400 fragments larger than the threshold 10 cm in diameter [7].  

The classified nature of the ASAT as well as the extremely low orbit has made 

collection for useful breakup data from the collision difficult. Observation data from the 

Haystack radar and SSN have been included in several attempts to characterize the 

breakup [7].  

China FY-1C Anti-Satellite Test  

The People’s Republic of China conducted an ASAT test on January 11th 2007 

against a dysfunctional Chinese weather satellite – the 960 kg Feng Yun-1C. While 

much of the data regarding the technological specifics of the test has not been released 

by the Chinese government, some information regarding the ASAT test has been made 
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available by release or intelligence gathering. A modified ballistic missile intercepted the 

Feng Yun-1C satellite at an altitude of 864 km with an approximate closing velocity of 9 

km/s [6]. Within six months of the collision, operational instructions to multiple 

spacecraft, including the International Space Station, were given across the LEO regime 

to conduct avoidance maneuvers from the fragments of the ASAT test.  

The resulting fragmentation generated the largest single debris producing event 

in the history of space exploration [6]. A debris fragmentation field of 20,000 to 40,000 

objects greater than 1 cm in diameter was generated following the collision, of which 

over 3000 objects greater than 10 cm in diameter were tracked and cataloged by the 

SSN [9]. This large number of tracked objects by SSN, in combination with Haystack 

radar cross section data and two line elements for each of the debris fragments, allowed 

for unprecedented study of orbital fragmentation effects. Johnson et. al. stated the Feng 

Yun-1C ASAT test generated more debris fragments then the typical orbital breakup 

event and can be considered the single worst fragmentation event in history [6]. Further, 

the Feng Yun-1C fragment data showed the collision caused an immediate increase in 

the long term debris population model during the orbital lifetime of the fragments, with 

the majority of the increase’s lifetime occurring before 2055.  

Iridium 33 and Cosmos 2251 Collision 

Prior to the Iridium 33 and Cosmos 2251 collision, three accidental collisions 

between catalogued space objects were known to have occurred [4]: 

 Cosmos 1934 and Cosmos 926 debris 

 Cerise and Ariane rocket body fragment 

 Thor rocket and Chinese explosion fragment 
The first accidental collision between two intact satellites occurred on February 

10th 2009 when the operational satellite Iridium 33 from the U.S. owned Iridium 
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communication constellation collided with Comsos 2251, a non-operational Russian 

communication satellite, approximately 770 km above Siberia. Iridium 33, with a mass 

of 556 kg and orbiting at an ascending node of 231 degrees, collided at a closing 

velocity of 10 km/s at a nearly perpendicular impact angle to the 900kg Cosmos 2251 

[10]. The collision of the two spacecraft created one of the largest debris creating events 

in LEO – second only to the Feng Yun-1C ASAT test [9].  

Following the loss of signal from Iridium 33, the SSN and Haystack radars began 

tracking debris fragment clouds in the orbit planes of each satellite. Shortly thereafter 

the accidental collision was confirmed and observation of the fragments began. 

Approximately 1700 objects greater than 10 cm in diameter were catalogued by the 

SSN and several thousand more identified over 1 cm in diameter, with the orbital 

lifetime of the debris field expected to be greater than 40 years [9]. 

The Iridium 33 – Cosmos 2251 collision led to wide spread media coverage over 

the importance of orbital debris sciences. The event is seen to be a major highlight of 

the consequences of the Kessler syndrome – in particular the self-propagating nature of 

debris in the LEO environment [4], [9]. In particular, the FY-1C ASAT test, as well as the 

collision of Iridium 33 and Cosmos 2251, created sharp increases in the number of 

man-made objects in Earth orbit. 

Additional Events 

In addition to the major fragmentation events discussed, there are numerous 

examples of additional fragmentation events ranging from upper stage rocket body 

explosions to collision with individual debris fragments. An exhaustive description of 

fragmentation events is provided by the NASA ODPO [8]. Examples of these, for further 

information to the reader, include: 
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 Briz-M explosion [9] 

 Cosmos 2241 breakup [8] 

 Delta 180 explosion [7] 

 Comsos 1934 [8], [11] 

 NOAA 7 [8], [11] 
The implications of these collision events, along with analysis data taken from 

terrestrial hypervelocity impact tests, provides both justification and in-situ observation 

data for the creation of breakup models used in long term object population estimation. 

These models are presented in Chapter 2.
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CHAPTER 2 
BREAKUP MODEL DEVELOPMENTS 

History of Orbital Breakup Model Development 

The first concerns regarding debris in Earth’s orbit arose early in the 

development of the space program over the characterization of natural meteoroids 

present in the space environment that could possibly threaten the operational safety of 

manned or unmanned vehicles. Following the first decade of space launch activity, 

concern over the increasing number of objects being inserted into orbit along with the 

implications of several explosion events began to concern scientists. As early as the 

1970’s, impact collision risks from manmade orbital debris were believed to be greater 

than impact risks from natural Earth orbiting debris [3]. 

Several organizations including the ESA and NASA have developed modeling 

programs to determine the effects of on-orbit explosions and breakups, such as 

CHAINE, MASTER, IDES and EVOLVE/LEGEND [12], [13], [14], [15]. NASA has been 

developing breakup models for study of the orbital debris environment since the 1970’s. 

Due to the objectives of this thesis research, only these NASA model developments are 

summarized in detail.  

1970 Bess Experiments 

In the early 1970’s Bess et. al. conducted hypervelocity tests on simulated 

spacecraft walls to determine the breakup characteristics of the resulting fragmentation. 

The walls included simulated components such as power electronics boxes and solar 

cells and were impacted by an aluminum sphere from a .22 caliber light gas gun [16]. 

The results of the impact were separated into three types of breakups – low intensity, 

high intensity, and hypervelocity explosions. From these types of explosions, it was 
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discovered that fragmentation of objects in the high intensity energy regime fit a power 

law function fit [16]. This power law function generated a high number of small objects 

(<1 cm) which matched well with observations from the debris generated in the 

hypervelocity impact tests [16]. The use of a power law to describe the generation of 

fragment debris was consequently verified by multiple sources and used in subsequent 

early developments of breakup models [17]. It was also found that the distribution of 

fragments followed a highly irregular shape definition – a difficulty studied in multiple 

revisions of breakup models [17]. 

EVOLVE 

The EVOLVE model was a quasi-empirical based debris environment evolution 

program developed during the early 1980’s, with the original version released in 1986, 

by NASA Johnson Space Center with the primary goal of predicting the long term 

population, special density, and evolution of man-made objects in the LEO environment. 

The EVOLVE model has been subject to at least three major updates since the original 

release in 1986 [1]. The model provides one dimension assessments of the population 

by altitude bins between 200 km and 2000 km [18].  

The program, which is intended to only estimate the long term (i.e., years to 

several decades) population of debris population, runs a computationally intensive study 

that bridges the gap between observable objects larger than 1 cm in diameter and 

unobservable objects smaller than 1 cm in diameter. The structure of the program 

primarily utilizes as input [18] [12]: 

 Traffic models 

 Breakup model 

 Propagation model 

 Decay model 
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 Spatial density model 
 

Historical, current, and projected near-term object spatial densities are populated 

analytically using up-to-date traffic modeling which is inclusive of mass, size, and orbital 

characteristics. Random generation of collision fragment populations are populated into 

individual sub-populations based on statistically determined diameter size bins using the 

breakup model, while the aggregated spatial density is propagated at each time step for 

future orbital characteristics with considerations for atmospheric drag, solar radiation 

pressure, and other perturbations using the propagation and decay models. 

All of the input model considerations are run through a deterministic process and 

looped in a Monte Carlo simulation at a user specified time step to simulate the random 

statistical generation of debris fragment clouds [5], [19].  

EVOLVE has been used extensively as a leading tool for the analysis of the LEO 

population environment since its creation; the program has been used extensively 

internationally and was a primary input to the creation of recognized space safety 

policies, such as the NASA defined 25 year orbital decay requirement [2].  

LEGEND 

The LEO to GEO Environment Debris (LEGEND) model was created as a 

successor to EVOLVE in the early 2000’s to increase the dimensionality of debris 

environment modeling to three dimensions, account for spatial density considerations 

up through Geosynchronous Earth Orbit (GEO) at 40,000 km, and modernize the 

computer code from the previous EVOLVE model [19].  The new dimensions 

considered include altitude, latitude, and longitude.  

The model closely follows the previous evolutionary model, EVOLVE, by using a 

combined empirical and deterministic approach to predict future object populations 



 

25 

using traffic, breakup, and environment perturbation models to characterize object 

densities. The LEGEND program, written in FORTRAN, uses Monte Carlo approaches 

to simulate collision events over specified time intervals and can be used to predict long 

term population models over time periods as long as centuries. LEGEND is currently the 

environment modeling program used by NASA to characterize the spatial density of 

objects in Earth orbit. 

Hypervelocity Impact Tests 

In addition to observable data obtained from on orbit collision events, terrestrial 

hypervelocity impact tests are a critical input to the development of breakup models 

used in evolutionary models. Capabilities for hypervelocity testing varies significantly 

based on flight characteristics and many facilities exist both domestically and 

internationally to recreate the conditions of hypersonic flow and flight. For hypervelocity 

characteristics in the space flight regime, ballistic gas based projectile facilities are the 

most commonly used to recreate on orbit flight conditions. Several major facilities with 

capabilities to recreate hypervelocity flight conditions include [20]: 

 AEDC Range G in Tullahoma, TN 

 White Sands Test Facility Hypervelocity Test Laboratory in White Sands, NM 

 Holloman High Speed Test Track at Holloman Air Force Base, NM 

 Langley Research Center Temperature Tunnel in Hampton, VA 
 

Previous Hypervelocity Impact Tests 

NASA has conducted numerous hypervelocity impact tests over the past 40 

years to determine the effects of extremely high velocity collisions on orbital debris 

propagation [1]. These tests, ranging from hypervelocity speeds in LEO environments to 

low speed impacts in GEO environments, have spanned from simple component 

mockups to fully intact, flight unit spacecraft. The NASA Standard Breakup Model, in 
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addition to the previously discussed on orbit collision incidents, is based primarily off the 

results of the Satellite Orbital Debris Characterization Impact Test (SOCIT) series  of 

hypervelocity impact tests conducted in 1992 at the AEDC Range G test facility.  

SOCIT 

The SOCIT tests were conducted primarily by the Department of Defense Orbital 

Debris Spacecraft Breakup Modeling program and involved NASA Johnson Space 

Center, NASA Jet Propulsion Lab, and Wright Laboratory, as well as several private 

contract companies. The lack of extensive experimental testing and the need for high 

fidelity satellite fragmentation data in the development of breakup models drove the 

creation of the SOCIT tests. The SOCIT series conducted four hypervelocity impact 

tests with the fourth and final test being the most complex and critical of the series [21]. 

The tests were conducted on a simulated spacecraft panel, rocket body mounting ring, 

Navy Transit OSCAR mockup, and a fully developed flight ready Navy Transit OSCAR 

satellite. 

The main target, the flight ready but un-flown Navy Transit OSCAR, was the 

most complex and representative object to be used in terrestrial breakup model testing. 

The OSCAR satellite was an octagonal core with a diameter of 46 cm, height of 30 cm, 

and mass of 35 kg [22]. However, the satellite target was designed in the early 1960’s 

and used as the main SOCIT target for its availability. The satellite contained no 

multilayer insulation and little, if any, modern materials such as CIC solar cells and 

composite materials.  

The testing was conducted in 1992 at the AEDC Range G facility. The fourth and 

final test of the series, targeting the Navy Transit satellite, was conducted at an impact 

velocity of approximately 6.1 km/s with a flight trajectory perpendicular to the spacecraft. 
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The projectile, a 150g aluminum sphere with a diameter of 4.7 cm, released an impact 

energy-to-target-mass ratio of 78 J/g – above the catastrophic breakup threshold of 40 

J/g [17]. The resulting debris field generated approximately 4500 fragments, of which 

approximately 100 were large pieces collected on the floor of the Range G test chamber 

[23]. The remaining objects were collected in a catch system of foam paneling. A 

majority of the fragments were removed from the foam by high pressure washing to 

destroy the foam and remaining debris from the SOCIT test collected through a grated 

sieve for analysis by private contractors. Several foam panels were left intact and sent 

to JPL for radar analysis to determine velocity and flight trajectory data. 

The results of the debris characterization produced experimental data for 

characteristic fragment length, mass, cross sectional area, and area to mass ratio for 

various fragment size bins. These results were incorporated into the statistical 

population functions used in the NASA Standard Breakup Model to improve the 

accuracy of fragment sizes in the sub-centimeter regime and provide comparison 

models to tracking data from observable on orbit fragments larger than 1 cm in 

diameter. 

Low-Velocity Impact Tests 

Following the update to the NASA Standard Breakup Model in 2001, a series of 

new low-velocity impact tests were initiated to study both the breakup of modern 

materials and the fragmentation of characteristics of objects at low speeds. These 

series of tests, led by Kyushu Institute of Technology, were conducted on simulated 

spacecraft panel walls and three identical microsatellites. The conducted test’s impact 

velocity averaged approximately 1.7 km/s and created catastrophic breakups above the 

40 J/g threshold that completely fragmented the test targets [24].  
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These low-velocity impact tests were utilized in verifying the breakup of collisions 

at lower velocities, such as those occurring at or near GEO altitudes [25]. As well, the 

tests indicated the need for addition hypervelocity impact testing to identify and account 

for modern materials skewing the population distribution of objects in the Standard 

breakup Model [24], [25]. 

Standard Breakup Model Improvements 

The results of the terrestrial SOCIT test, along with observation data from 

multiple on orbit collision events, make up the primary input to the NASA Standard 

Breakup Model since the late 1980’s. However, with the inconsistencies observed in the 

Feng Yun 1-C ASAT and the Iridium 33 and Cosmos 2251 accidental collision, as well 

as outcomes of recent made with low-velocity impact testing, has led to the conclusion 

to conduct a new terrestrial hypervelocity impact test to account for changes in material 

and design of LEO satellites since the SOCIT series tests in 1992. These 

inconsistencies and conclusion have been confirmed by recent hypervelocity impact 

testing on small and simple structures that show a clear discrepancy in experimental 

results for composite and modern material with predictions by the current breakup 

model.  

Research Focus 

The purpose of the research in this work is to describe the design of a LEO 

satellite that is representative of modern materials and construction for use in a 

hypervelocity impact test. The results of this proposed test can be used for the 

improvement of the NASA Standard Breakup Model and, subsequently, the output of 

long term population models which rely on it.  
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CHAPTER 3 
DEBRISAT: DESIGN 

Design Motivation 

Recent collision events, in particular the 2009 Iridium/Cosmos collision described 

in Chapter 1, have encouraged the examination of how the NASA Standard Breakup 

Model predicts the resulting fragmentation of on-orbit collisions when modern materials 

and construction methods are considered. When the current version of the breakup 

model was applied to the resulting fragmentation from the Iridium/Cosmos collision, the 

prediction results did not match the in-situ fragment observation results from the more 

modern Iridium 33 satellite. Because of this and other fragmentation and testing events 

there currently exists a need to reexamine the breakup model to account for the 

breakup characteristics of modern materials being utilized on recent and future low 

Earth orbit satellites. 

The current edition of the Standard Breakup Model relies extensively on the 1992 

SOCIT hypervelocity impact ground test of a fully functional Navy transit using 

hardware, material, and design techniques from the 1960's. These results incorporated 

into the breakup model are not representative of the materials and construction 

techniques used in modern satellites. Therefore, a new hypervelocity ground test of a 

modern satellite is required to update the breakup model. 

The University of Florida is developing a 50 kg satellite that is representative of 

multiple modern LEO satellites. The satellite, referred to as DebriSat, will be composed 

of subsystems, components, and materials typical of modern LEO satellites. Since 

DebriSat is designed specifically for a hypervelocity ground impact test, its avionics (i.e., 

electrical and software capabilities) will be non-functional. However, every other aspect 
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of the satellite will adhere to the typical standards of modern spacecraft design, 

fabrication, and assembly integration and testing (AI&T). 

The DebriSat design is intended to represent the overall system makeup and 

physical characteristics of unmanned LEO missions ranging from 1-5000 kg in mass. 

The completed system contains subsystems and components that are not typically 

found on a satellite of DebriSat's size but are found on satellites in other target mass 

ranges. Thus the design is not intended to be a functional representation of a 50 kg 

satellite but rather seeks to be as representative of component material and physical 

characteristics as possible across a broad range of satellite platforms. This thesis 

specifically addresses the design considerations of the Electrical Power System (EPS), 

Telemetry Tracking and Command system (TT&C), the Command & Data Handling 

(C&DH) system, and the Payload system. Figure 3-1 shows an external view of the 

DebriSat design model in a fully deployed configuration. 

 

Figure 3-1. External View of DebriSat 
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System Level Design 

The DebriSat design is a non-functioning satellite that emulates the materials and 

functionalities of modern LEO space missions.  Basic system characteristics are given 

in Table 3-1. 

Table 3-1. Top-level debrisat characteristics 

Project Title: DebriSat 
Target Mass: 50 kg 
Physical Envelope (including deployed and 
protruding components): 

76 cm (dia.) x 68 cm (ht.) 

Stabilization: 3-axis (non-functional) 
Deployables: Yes (partially-deployed solar panels) 

  
As shown in Figure 3-2, DebriSat is composed of a hexagonal prism structure 

containing six compartmentalized bays and a seventh cylindrical bay about the central 

axis. Two additional hexagonal panels are included and intended to serve as the nadir 

and zenith facing structural elements. Components are both panel and base mounted in 

addition to mounting on six internal honeycomb structural ribs.  

 

Figure 3-2. DebriSat bay definitions 
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Each of the DebriSat side panels is constructed of aluminum honeycomb core 

sandwiched between two carbon composite face sheets. Individual components are 

mounted to these panels primarily through fastened inserts into the honeycomb core. In 

addition to the six side panel structures, six composite panel honeycomb core rib 

sections are included for structural support within the volume of DebriSat. Viewing from 

the zenith panel to the nadir hexagonal panel, the bay count begins with the first Li-ion 

battery box and proceeds clockwise through panel B and the propulsion module to bay 

6 containing the power conditioning and distribution unit and spectrometer. Bay 7 

contains the propulsion system and various other components mounted to the 

hexagonal panels and structural ribs. Mounting is primarily done on the six body side 

panels. A detailed overview of this layout is given in Figure 3-3. 

In addition to the components mounted to the side paneling, several components 

are located and fastened within the central volume of the structure. These components 

are considered included within bay 7. Mounting to the structure is done on the 

hexagonal base panels or the structural ribs to achieve either representing a 

component's most likely location or for physical space considerations. Also included in 

bay 7 is the electrical distribution cabling and plumbing for the satellite's propulsion 

system. Cabling is run to each of the components and routed along the internal panel 

face sheet in harnessed trunk lines. These trunk lines are then routed around the major 

internal components and around the structural ribs to connect to the appropriate 

electrical connector box or flight computer avionics box. The routing of the propulsion 

tubing is completed in a similar manner to connect the thruster and solenoid 

components with the COPV pressure tank.
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Figure 3-3: Component Layout 
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LEO Satellite Study 

A study of current and recent LEO unmanned missions was performed to 

determine typical components and characteristics of satellites that operate in the LEO 

environment. This study, conducted at the University of Florida, was used to drive the 

selection and design of components for DebriSat and is summarized here. 

The base of the study is built from a comprehensive database of currently active 

space based satellite missions maintained by the Union of Concerned Scientists [26]. 

The comprehensive database, which includes all missions from LEO to 

Geosynchronous Earth Orbit (GEO), was parsed to identify only active unmanned LEO 

missions and reorganized by dry mass to determine an identifiable and quantifiable 

distribution of LEO missions. This distribution of 467 unmanned LEO satellite missions 

was then scaled to a selection of 50 modern missions such that the ratio of number of 

satellites in any two mass ranges remains sufficiently constant. The distribution was 

then analyzed for physical characteristics including component selection, materials, and 

mission details.  Figures 3-4 and 3-5 show the distribution of the satellites used in the 

study. 

 

Figure 3-4. Mass distribution range of 467 satellites in UCS database 
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Figure 3-5. Mass Distribution Range of 50 selected satellites for UF study 

The preliminary results of the study concluded that there is correlation between 

the components that are implemented in a particular LEO mission and the dry mass of 

that mission. Therefore, the design of DebriSat was driven primarily by the components 

deemed either: 

 standard among all mass ranges,  

 significant to two or more mass ranges,  

 a new design standard since 1992,  

 trending towards increased use in the future 
Additional results from the study are outlined by Clark, Lane, and Strickland and 

the accompanying study results [27]. 

The survey also was found to be deficient in representation of extremely detailed 

designs and of non-U.S. or European backed missions (specifically Russia and China) 

due to the restrictions and limitations of information available in the public domain. 

Therefore, it is important to the hypervelocity impact test and outcomes of breakup 

model improvements to note that DebriSat may be considered deficient in representing 

Russian and Chinese satellites. The 10-100 kg, 100-500 kg, 500-1000 kg, and 1000-

2000 kg categories were the primary focus of this study because they held the majority 

of the LEO satellites studied.  
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Analysis of the Attitude Determination and Control System (ADCS) components, 

as shown in Figure 3-6, revealed sun sensors and magnetometers were prevalent in the 

majority of all LEO satellites except the 2000-5000 kg range. While star trackers were 

not used on any satellites in the 10-100 kg category, they were heavily used in the three 

other mass ranges. Therefore star trackers were considered representative components 

for LEO satellites. A trend of increasing gyroscope use was also seen as the satellite 

mass increased. However, since this was a study created from public information, the 

terminology from one satellite to the other might have been inconsistent. For example, 

the "gyroscope" and "inertial measurement unit (IMU)" terminology might have been 

used interchangeably.  Regardless, due to the prevalence of both, an IMU will be 

included in the design.  

 

Figure 3-6. ADCS Sensor Usage by Mass 

As seen in Figure 3-7, reaction wheels and magnetorquers were the actuators 

most used by larger satellites. Only smaller satellites used passive actuators, such as 

passive magnetic and reflection strips, therefore these will not be included in the design. 
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To represent actuators typically used in a LEO satellite, reaction wheels and 

magnetorquers were incorporated into the ADCS design, as well.  

 

Figure 3-7. ADCS Actuator Usage by Mass 

Figure 3-8 illustrates the results of an analysis of propulsion system. Propulsion 

systems are primarily used on larger satellites, particularly the 1000-2000 kg group. 

Note that for small satellites propulsion systems are relatively rare, including for 

DebriSat's mass category, 10-100 kg. While uncommon on a satellite of DebriSat's size, 

a propulsion system is necessary to accurately represent typical LEO satellites and 

therefore was included in the design.  

 

Figure 3-8. Propulsion System Usage by Mass 
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The study of representative telemetry, tracking, and command (TT&C) 

components was driven by the communication bands used on each of the selected 

representative missions. Figure 3-9 shows the percent usage of the most commonly 

identified communication bands within each mass range. The results show that S band 

frequencies are the most common between all mass ranges, while UHF and VHF bands 

are prevalent to smaller mass missions and X bands are used commonly throughout 

larger mass missions. Based on these results, a representative satellite would consider 

including TT&C components that operate in VHF, UHF, S-, and X- band frequencies. 

 

Figure 3-9. LEO Communication Bands by Mass Range 

Design choices for the Electrical Power System (EPS) were driven by the primary 

chemical composition of battery cells. A survey of common used batteries in LEO 

satellites is shown in Figure 3-10. Li-ion is most prevalent and has increased usage 

among smaller satellites, dominating the 1-10 kg range. Nickel-hydrogen and nickel-

cadmium batteries have increasing usage in the larger mass ranges, with nickel-

hydrogen dominating usage in the 2000-5000 kg range. Li-ion, while already in use on a 

number of LEO satellites, is also expected to become more common in future LEO 

satellites. Since Li-ion is expected to be used more frequently in the future and because 
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it is an increasingly common component in LEO satellites, Li-ion was selected for use in 

the DebriSat design. 

 

Figure 3-10. LEO Batteries by Mass Range 

The payload survey classified each selected missions by their primary objectives: 

Earth observing, remote sensing, communication, and technology demonstration. The 

survey reveals that communication payloads and Earth observing are the most 

prevalent class of LEO payloads. Communication payloads were identified as common 

constellation payloads - specifically that one common design is included over several 

dozen satellites, such as the Iridium and Orbcomm constellations. Earth observing 

missions typically use imagers that operate in either the near infrared or visible 

wavelength spectrum. In addition, the number of payload instruments per mission was 

typically greater than one. Thus, multiple payload instruments should be considered for 

a representative design. The complexity and uniqueness of one mission payload 

compared to another also led to the conclusion that a truly representative payload 

contained in a single satellite is very difficult to identify. 

DebriSat Subsystems 

The DebriSat design is broken into typical subsystems found on LEO satellite 

missions. While all of these standard subsystems are considered in the design of 



 

40 

DebriSat, the scope of this thesis focuses specifically on the design of the Electrical 

Power Subsystem (EPS), Command and Data Handling (C&DH), Telemetry Tracking 

and Command (TT&C), and the Payload subsystems. In depth discussion of additional 

DebriSat subsystems, specifically propulsion, thermal, and structures, are discussed in 

the thesis work of Mark Werremeyer [28]. 

Electrical Power System 

The EPS is a critical subsystem of all spacecraft and the challenges of the LEO 

environment drive the requirements for typical EPS designs. For DebriSat, the EPS 

design represents typical material and characteristics of power generation, power 

storage, and power distribution onboard unmanned LEO satellites.  

Typically, all LEO unmanned spacecraft power generation designs are 

dominated by the inclusion of photovoltaic cells. These configurations include both 

deployable and body mounted cell designs. Traditionally for large satellite platforms, a 

deployable solar array mechanism is used to increase the power generating surface 

area of the satellite while smaller satellites utilize body mounted solar arrays to generate 

power. While a majority of satellites utilize a deployable solar array configuration, 

DebriSat is limited to a partially deployed configuration with one solar panel deployed 

and another stowed due to the physical limits of the hypervelocity test facility. The 

partially deployed configuration will, however, provide insight into how different 

deployed configurations might affect satellite breakups.  

Of particular concern to the research goals of the DebriSat test is the presence of 

modern cell Interconnect-coverglass (CIC) solar cells in orbital breakups. The material 

utilized in CIC cells includes the completed photovoltaic cell, a cover-glass material, and 

an interconnect that prevents the damage of cells from high energy electrons. 
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Therefore, the power generation of DebriSat will be represented by the inclusion of CIC 

solar cells. The selected cells are 28.3% efficiency Ultra Triple Junction (UTJ) solar cells 

from Spectrolab, shown in Figure 3-11. 

 

Figure 3-11. Spectrolab 28.3% UTJ CIC Solar Cells 

These constituent materials used in the UTJ CIC cells are consistent with those 

found in modern CIC cells. The CIC's are constructed of layered photovoltaic cells and 

substrates composed primarily of gallium and germanium materials. Overall, the UTJ 

cell design from Spectrolab has logged over 2.6 million delivered units and thus is 

considered very representative of current LEO power generation designs. A data 

reference sheet for the UTJ cells is included in Appendix A. 

 The CIC cells, which are nonfunctional engineering development units, are 

mounted to each of three composite solar panels, spaced evenly in the two planar 

directions. Each panel has 49 individual CIC cells mounted with a silicon elastomer to 

the carbon fiber face sheet of each panel. This configuration provides for an 

approximate total of 1300 cm2 of theoretical power generating surface area per panel. 

Under a standard, beginning of life scenario in the LEO environment, this surface area 

correlates to a theoretical power generation capability of approximately 50 W per panel 
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in direct sunlight if the cells and power subsystem were functional. Figure 3-12 presents 

the partially deployed solar panel configuration. 

 

Figure 3-12. Deployed Solar Panels 

To represent power storage capabilities, DebriSat contains three separate 

shielded battery racks to emulate the power storage capabilities found on LEO 

satellites. Historically, Nickel Cadmium (Ni-Cd) batteries have been an industry 

standard and have a long flight heritage for energy storage in space. Over time this 

trend began to include Nickel-Hydrogen based cells and most recently lithium-ion (Li-

ion) based chemistry. Following the conclusion of the last comprehensive Standard 

Breakup Model test in 1992, Li-ion technology is quickly becoming a new standard for 

its beneficial charge capacity, charge/discharge cycle performance, and energy density. 

Thus to represent this modern trend in LEO satellites, DebriSat contains three Li-ion 

based rechargeable battery cases in lieu of the more traditional Ni-Cd design. This 
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approach is representative of both the battery material and the use of multiple cells for 

operational redundancy.  Electrically, the batteries cases are non-functional and consist 

of multiple prismatic cells grouped to create a string that represents the power storage 

capabilities typical of a 50 kg platform. A transparent view of the Li-ion battery box 

without wiring is shown in Figure 3-13.  

 

Figure 3-13. Transparent View of Li-ion Battery Redesign 

Each individual prismatic cell case consists of wrapped layers of unpopulated 

aluminum, copper, and polyethylene foil – all of which are typical materials used as the 

anode, cathode, and separator, respectfully, in functional battery designs. Each Li-ion 

battery case consists of eight individual prismatic cells made of 3003 Aluminum and are 

electrically connected in a series and parallel combination. The cells containing the 

layers of copper, aluminum, and polyethylene foils are inert and wrapped without the 

standard active chemical materials found in Li-ion batteries. The use of inert materials 

allows for a reduction in health and safety hazards to personnel handling the resulting 

fragments following the breakup without significantly affecting the outcomes of the 
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breakup.  Each of the eight aluminum cell cases are mounted to an aluminum mounting 

rack that is connected by a supporting aluminum truss, as shown in Figure 3-14. 

 

Figure 3-14. Li-ion Cell Assembly 

Each battery is wired into a single shielded cable and that represents 

unregulated power run through a D-sub connector to a battery charge regulator (BCR) 

in the power conditioning and distribution module. 

Each battery rack’s avionics box is contained in a shielded 5 mm thick aluminum 

case fastened directly to the representative radiator panel of DebriSat. Inside, the 

completed battery cell rack is mounted to the bottom face of the battery avionics box. 

The battery box designs are shown in Figure 3-15. 

 

Figure 3-15. Li-ion Battery Case Dimensions 
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The conditioning and distribution of power, shown in detail in Figure 3-16 and 

Figure 3-17, is represented using a single integrated avionics module containing a set of 

emulated solid state power circuits that regulates the incoming power generated by the 

solar panels to the battery racks and main power bus line and is representative of all the 

design's power circuitry, power conditioning, and power distribution electronics. 

 

 

Figure 3-16. Power Conditioning and Distribution Module Model 

 The integrated design includes printed circuitry representative of a peak power 

tracker (PPT) that typically changes the operating point of the solar cell arrays to draw 

the correct power needed by the system during operation.  A set of battery charge 

regulators are also represented by commercial off the shelf (COTS) circuitry to include 

considerations of preventing overcharging and deep discharges of the battery cells to 

increase battery life and prevent EPS damage. The battery cells, solar cell arrays, 

BCR's, and PPT emulated circuitry are all connected to a set of emulated power 

regulation and distribution circuits contained in the shielded avionics box and routed out 

as regulated and conditioned power to the various onboard components.  The power 
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distribution module is the primary receiver and distributor of power in the DebriSat 

design. Each individual string of solar cell arrays is connected directly to the module as 

input where internal wiring routes power to the battery cells and main bus line. All power 

routing is accomplished using jacket shielded cable wiring and D-sub connectors.   

           

 

Figure 3-17. Power Conditioning and Distribution Module Dimensions 

Wiring of power throughout the DebriSat design is completed using shielded 

cabling and various sizes of D-sub connectors. Teflon coated, space qualified copper 

wiring of varying gauge is soldered to the pins of the connectors and wrapped in braided 

stainless steel jacket sleeves. A typical expected DebriSat cable is shown below in 

Figure 3-18. The exact length and mass of the cabling and harnesses is currently not 

accurately determinable. However, the mass of the combined wire, shield, and 

connectors is not insignificant. To estimate the additional mass to the overall design 

from electrical wiring, a combination of measurements and assumptions were made: 

 The combined wire and shield contributes approximately 1.1 g/cm of cable 

 The fully assembled D-sub connector (pin sockets and casing) contributes 
approximately 7.2 g per connection 
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 Cable lines existing in the design include both electrical power and data transfer 
Based on these assumptions, the mass of the cabling in DebriSat was 

determined using a mass tolerance of the overall EPS subsystem. The additional cable 

mass is bounded as +30% of the EPS subsystem mass. 

 

Figure 3-18. Braided Stainless Steel Shield and D-Sub Connector 

Overall, the general conceptual wiring and connection of the EPS components 

are shown in Figure 3-19. 

 

Figure 3-19. Conceptual EPS Component Connections 

The CIC solar cells are bonded to the external face sheet of the body panels and 

wired on the internal face sheet in seven series connected arrays per panel. Each array 

is wired into a single shielded panel cable line and connected to the power conditioning 

and distribution box. The battery cases are body panel mounted and distributed evenly 
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120 degrees to balance distribution of mass. In addition, the battery cases are mounted 

in contact with the zenith facing hexagonal panel for heat dissipation to the radiator.  

The power conditioning and distribution module is also body panel mounted and is 

located near the zenith hexagonal panel for heat dissipation. 

In summary, the EPS subsystem is a critical system of interest to the overall 

research effort, particularly due to the growing inclusion of both the CIC solar cells and 

Li-ion battery materials in modern designs. The mass breakdown of the EPS 

components is given in Table 3-2. 

Table 3-2. EPS mass 

Component Mass (kg) Quantity Mass Subtotal (kg) Contingency (kg) 

CIC Solar Cell 0.0022 147 0.32 0.03 
Li-ion Battery Box 3.06 3 9.18 1.00 
Power Distribution 
Module 

1.81 1 1.81 0.15 

Cabling (~ 0.30 *     ) 5.07 N/A 4.85 0.50 

 

Telemetry, Tracking, and Command 

The DebriSat TT&C subsystem consists of a variety of antenna designs and 

communication bands as identified and selected according to the LEO satellite study. 

The most typical communication bands used in unmanned LEO applications for 

communications include UHF, VHF, S, and X band frequencies. The use of these 

common bands were found to be prevalent across most of the mass ranges considered 

for driving the design selections for DebriSat and are therefore included as the 

communication bands used for the TT&C subsystem. Figure 3-20 shows a conceptual 

connection chart of the DebriSat TT&C components. 
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Figure 3-20. Conceptual TT&C Connection Diagram 

Primary telemetry and data relay from data intensive components and the 

payload instruments are represented using an emulated open feed horn X-band 

antenna, shown in Figure 3-21.The theoretical radio frequency (RF) beam of the X-band 

antenna is high gain and narrow width to represent the capabilities of higher data 

delivery rates to target ground stations.  

   

Figure 3-21. X-Band Antenna Design 

The operational frequency of the antenna is intended to be in the 8.0 to 8.4 GHz 

range and thus the emulated antenna has a copper wire core of approximately 3.1 cm in 
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length to match the theoretical wavelength expectations. The transmission wire is 

connected by a standard RF coaxial adapter to the TT&C avionics box. The X-band 

antenna is a transmit-only communication node and does not represent the capability of 

simultaneous transmitting and receiving. 

In addition to the X-band feed horn antenna, an S-band frequency conical 

antenna is also included to represent LEO missions that are inclusive of S-band 

communication. The S-band antenna design, as shown in Figure 3-22, represents the 

capability for transmitting primary telemetry and health monitoring data from various 

subsystems and for use as a secondary payload communication antenna. The S-band 

antenna uses a copper helical shaped core housed in a converging conical beam cone 

that represents transmission at an operational frequency between 2.5 and 3.5 GHz.  

     

Figure 3-22. Helical S-Band Antenna Design 

The helical wire is mounted to the antenna housing and is connected to a 

standard male RF adapter at the base of the emulated design to route RF coaxial cable 
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to the S-band transceiver avionics module. The theoretical beam footprint is conical 

shaped and provides a wide beam diameter for moderately large ground coverage 

capabilities. The S-band antenna as designed for DebriSat is theoretically capable of 

both transmitting and receiving operations and can be used as a redundant 

communication node if failure in other subsystem’s primary antennas fails.  

A third communication band is included in the TT&C design as a VHF/UHF 

frequency communication system and is implemented using two omni-directional 

antennas, shown in Figure 3-23. The VHF/UHF antenna design represents both the 

primary communication designs of satellites in the lowest mass ranges and the 

redundancy provided to larger LEO satellites.  

Each of the three antenna designs are connected via RF coaxial cable to one of 

two shielded telemetry avionics modules - one for the S-band and X-band antennas and 

the other for the UHF/VHF antennas. Each TT&C avionics module includes a set of 

communication circuitry boards and RF signal manipulators. Incoming command signals 

are passed through a signal divider to the nonfunctional communication circuitry before 

being routed through a splitter to the intended transmitting/receiving antenna.  

 

Figure 3-23. Digikey Omni-Directional Whip Antenna 
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The TT&C avionics modules are single all-inclusive shielded cased milled from 

6000 series aluminum and contain both emulated RF circuitry and a COTS signal switch 

and divider. Each of the two avionics boxes are given a wall thickness of 3mm to 

represent sufficient shielding from typical LEO radiation. The avionics box design is 

shown in detail in Figure 3-24 and Figure 3-25.    

 

Figure 3-24. S-band TT&C Avionics Model 

 
Figure 3-25. S-Band Transceiver Dimensions 
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In addition to communication circuitry and control boards, physical signal 

manipulators were included into the TT&C avionics design. These components include 

a signal divider and a signal switch which represents the system’s ability to regulate the 

communication signals to a desired antenna. The COTS signal manipulators used in 

DebriSat are shown in Figure 3-26. 

         

Figure3-26. COTS Signal Manipulation Components 

For the selection of components to meet the desired design goals of the TT&C 

system, emphasis for communication components is put on the geometry of the 

antennas and their corresponding RF elements. Table 3-3 details the primary 

components used in the TT&C subsystem. A finite list of antenna shapes and bands 

was determined and used to drive the selection of emulation designs.  

Table 3-3. List of TT&C components 

Component Supplier Quantity 

S-Band Helical Antenna  Manufactured 1 
X-Band Conical Feed Horn Antenna Manufactured 1 
VHF/UHF Omni-Directional Antenna Digi-Key 2 
Shielded Aluminum Case Manufactured 2 
MHX-910 Wired Communication Board MicroHard 4 
Signal Divider/Combiner Mecca 2 
Signal Switch DowKey 2 
Male RF Connector Digi-Key 8 

 

Overall, DebriSat’s antennas are arranged in a nadir facing farm setup for 

emulated health monitoring, telemetry,  commands, and data transfer in one of the four 
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selected communication bands. The estimated TT&C subsystem mass is 2.77 kg. Table 

3-4lists the estimated mass of the TT&C components. 

Table 3-4. TT&C mass breakdown 

Component Mass (kg) Quantity Mass Subtotal (kg) Contingency (kg) 

X-band Horn 
Antenna 

Manufactured 0.12 1 0.12 

S-band Helical 
Antenna 

Manufactured 0.15 1 0.15 

UHF/VHF Omni-
directional 

Digi-Key 0.15 2 0.30 

Telemetry Avionics 
Module 

Manufactured 0.12 1 0.12 

 

Command and Data Handling 

The control and processing of telemetry and command data is handled by an 

emulated integrated flight computer system and accompanying data recorder memory 

module. The flight computer is a fully integrated electronic component mounted to the 

satellite in a shielded aluminum avionics case. The computer is to provide onboard 

processing power and command protocol interfacing between components 

The flight computer design is based on an emulated shielded avionics case as 

shown in Figure 3-27. Shielding is accomplished by design of the avionics box wall 

thickness to 7mm of aluminum – representative of the importance of shielding the 

critical C&DH electrical components from radiation. The flight computer avionics case 

represents the processing of command and telemetry data by the inclusion of standard 

COTS computer circuit components mounted within the case. The use of COTS 

computer components represents the materials used in complex circuitry found in on-

board satellite flight computers. In particular, a computer circuit component was 

selected as the representative component because of its variability in available sizes, 
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extensive use of standard circuitry components such as transistors and micro 

controllers, its sufficient complexity of design, and its affordability.   

The emulated flight computer routes command and data handling to a majority of 

components included in the DebriSat design. The computer will connect the internal 

circuitry to multiple D-sub type connectors (final D-Sub number not shown in Figure ) 

and routed throughout the physical satellite layout.  

 

Figure 3-27. DebriSat flight computer 

Flight data recording is accomplished via an emulated flight recorder and 

memory unit shown in Figure 3-28. The data recorder, like the flight computer, utilizes 

standard computer circuit component as its primary electrical components. The recorder 

is connected via D-sub connectors directly to the flight computer. A shielded aluminum 

avionics case with 7 mm thickness is included to represent protection of the internal 

electronics from radiation. 
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Figure 3-28. C&DH data recorder 

Both the flight computer and data recorder are considered thermally sensitive 

components – both generating excessive heat and requiring controlled thermal 

conditions. Therefore, the placement of the C&DH components is consistent with typical 

thermal control techniques. Both units are mounted to the internal face sheet of a 

composite side panel containing thermal heat piping. This placement represents 

considerations to control and dissipate the heat generated by the internal electronics. 

Thermal designs for DebriSat are discussed in further detail in research work by Mark 

Werremeyer. 

In summary, the C&DH system design is predicated on the assumption that LEO 

spacecraft flight computer and data recording electronics can be successfully 

represented and emulated using standard computer electronics components. Also of 

note, the effects of advanced radiation hardening techniques, such as complex material 

liners and other radiation reducing methods, are not accounted for in the design and is 

currently unknown if such considerations would significantly affect the material 
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properties or size of the C&DH components following fragmentation from a 

hypervelocity impact. These considerations may be of interest to future work of 

emulating C&DH electrical components. A list of the primary components used in the 

C&DH subsystem is shown in Table 3-5 and the mass breakdown of the C&DH 

components is presented in Table 3-6. 

Table 3-5. Primary C&DH components 

Component Supplier Quantity 

Flight Computer Avionics Box Manufactured 1 
Data Recorder Avionics Box Manufactured 1 
Computer Motherboard Various 3 
D-Sub Connector VARTA 12+ 

 

Table 3-6. C&DH component masses 

Component Mass (kg) Quantity Mass Subtotal (kg) Contingency(kg)  

Flight Computer Avionics  1.0 1 1.0 0.1 
Data Recorder Avionics  0.90 1 0.90 0.01 

Total   1.90 0.11 

 

Payload 

The DebriSat payload is a combination of three instruments that represent non-

communication payloads on LEO missions – a visible spectrum optical imager and two 

identical near-infrared spectrometers. The exclusion of communication payloads is 

motivated by the results of the LEO satellite study because while a representative 

satellite may include a communication payload, it was determined that the components 

used in the TT&C and other subsystems were sufficiently representative of the materials 

found in communications payloads. However, Earth observing missions were not 

represented by any of the components included in other subsystems. Therefore, two 

different optical instrument designs are included in the payload subsystem.  
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The primary payload for the DebriSat design is an emulated visible wavelength 

optical imager. The design goal of the optical imager is to focus on the typical 

geometrical shape, physical size characteristics, and typical material of an imaging 

payload. The core of the design is a COTS Cassegrain telescope selected as an 

effective representation of larger space telescopes and is modified with additional 

components to represent a space application imager. The COTS reflector directs 

incoming light rays from a back plane mirror to a CCD camera system added to 

backplane of the telescope. The imaging internals are protected from stray light by a 

custom circular aluminum sunshade that extends out past the reflector telescope. An 

integrated avionics module, which houses the CCD camera and all accompanying 

circuitry and cabling, is fastened behind the backplane of the telescope. The assembled 

imager is then fastened to an aluminum cylindrical mounting case that provides 

increased stiffness to isolate the imaging components from random vibration. In addition 

to the stiffening structure, a set of two dedicated reaction wheels are attached to the 

avionics module to include considerations for active momentum based elements 

representative of precise jitter elimination.  

To accomplish the design goals of the emulated optical imager, a combination of 

manufactured and commercial components is selected to represent an imager that 

captures incident light in the visible spectrum. A commercial telescope model, the 

Celestron NexStar shown in Figure 3-29, is used as the core Cassegrain model for its 

material and size properties.  
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Figure 3-29. Celestron NexStar 4SE Maksutov-Cassegrain Telescope 

The telescope is stripped of its accompanying base mount as well as the 

externally attached optical lens. The resulting component is a 25 cm cylindrical 

aluminum Cassegrain telescope containing a plano-convex reflecting mirror and an 

angled reflecting focusing mirror.  Figure 3-30 shows internal layout of the telescope 

with a modified support for the axial beam reflector. The modification is of typical 

designs found in space applications. 

 

Figure 3-30. Internal View of Modified Celestron Telescope 

A custom aluminum sunshade is included around the telescope to represent the 

design’s sunshade and the prevention of stray light rays from entering the imager. This 

manufactured sunshade is fastened to the telescope by a multi-purpose adapter to a 

payload avionics box, shown in Figure 3-31, which mounts the telescope, sunshade, 

and attached payload avionics module.  
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Figure 3-31. Optical Imager Avionics Box 

Attached in the payload avionics module is a focal lens to emulate the 

manipulation of light prior to collection by the CCD camera, which is represented with 

the internal circuitry of a COTS digital camera. The optical piece contains a combination 

of three plano lenses. Several printed circuit cards are included to support the CCD 

camera and circuitry located just behind the focal lens. The entire electronics assembly 

is mounted inside an aluminum avionics box that is mounted to the multi-purpose 

adapter.  

The fully constructed optical imaging payload assembly is mounted coincident to 

the central body axis of the satellite by a custom circular adapter ring. The ring allows 

the assembly to protrude approximately 80 mm from the nadir hexagonal base panel. 
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Figure 3-32 shows the completed representative imager design and an exploded view is 

shown in Figure 3-33. Table 3-7 outlines the main components of the optical imager. 

Not shown in the model is the included thermal multi-layer insulation that will cover the 

payload avionics box and the telescope to control and regulate the temperature of the 

assembly.   

 

Figure 3-32. Optical Imager Payload 
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Figure 3-33. Exploded View of Optical Imager 
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Table 3-7. Optical imager mass characteristics 

Component Mass (kg) Quantity Mass Subtotal (kg)  

Payload Case 0.395 1 0.39  
Cassegrain Telescope Assembly 1.32 1 1.32  
Sunshade 0.31 1 0.31  
Electronic Circuitry 0.1 N/A 0.1  
Jitter Damper 0.15 2 0.30  
Stiffening Case 1.67 1 1.67  

TOTAL -- -- 4.09  

 

In addition to the optical elements, the imager contains dedicated structural 

components to represent rigidity and motion control during image capture. A custom 

one-quarter inch thick aluminum circular structural housing surrounds the optical imager 

design and is fastener mounted to the nadir hexagonal base plate of the satellite 

structure. The structure is intended to be representative of structural elements that 

reduce vibration both during launch and standard operation. In addition, a set of jitter 

reaction wheels are mounted to the payload avionics where each reaction wheel is a 

nonfunctional unit manufactured to include the exterior case, flywheel, and axis rod.   

While the overall optical payload design is non-functional, the materials and 

assembly orientation must be as representative as possible while eliminating 

constraining complexities in design. In particular, the most significant design assumption 

is the unimportance of the overall path of incident light rays over the identification and 

inclusion of optical and structural materials and thus the elimination of stringent 

tolerance and ray tracing considerations in the design. Also of note to the 

representatives of the payload system is the use of cryogenic cooling hardware is not 

included in the design. 

An emulated near-infrared spectral imager, shown in Figure 3-34, is included 

twice as a payload for the DebriSat design in addition to the optical imager. The 
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inclusion of the spectrometer represents missions that contain hardware and 

instrumentation used in Earth observation and remote sensing. The design attempts to 

capture the typical materials and thicknesses used for internal spectrometer 

components.  

 

Figure 3-34. Near-Infrared Spectrometer 

Each of the two spectrometers is contained separately in a structural housing 

integrated around a single optical bench. Each spectrometer’s optical bench is 

composed of an aluminum honeycomb core with two carbon fiber composite face sheet 

panels and is designed for increased stiffness consideration serving as the mounting 

location for each of the optical components. A baffle casing directs incoming light to a 

focusing optical lens before being routed by a 90 degree fold mirror and 45 degree bend 

mirror to a second focusing optical lens and CCD camera. The camera system and 

accompanying dedicated image processing circuitry is located in a stiffened electronics 



 

65 

housing that captures image information and runs data and commands to and from the 

spectrometer and other satellite subsystems through data cable assemblies. A 

secondary set of static data recorder memory is panel mounted separate from the 

optical bench.  An internal view of the assembly is show in Figure 3-35. 

 

Figure 3-35. Internal view of the near infrared spectrometer 

The component selection of each of the two identical spectrometers in the 

DebriSat design consists of completely emulated structural components and COTS 

optical elements. Each spectrometer is mounted to the nadir hexagonal base panel with 

the protruding baffle casing theoretically orientated towards the Earth. 
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The baffle is made of a cylindrical Delrin tube and includes two planar focusing 

lenses mounted internally by an aluminum baffle casing. Internally, light ray diffraction is 

emulated by including a commercial 90 degree optical lens, a coated reflecting mirror, 

and a diffraction lens. An electronics module houses a CCD camera circuit card as well 

as standard computer memory that serve as emulated electronics components.  

As with the optical imager, the inclusion of particular component materials is of 

greater importance then the functional performance of the spectrometer and the design 

of the incident light ray paths. Emphasis is intended to be on the materials included and 

the general layout of internal components. For jitter control, a set of two reaction wheels 

are also included on the exterior of the aluminum housing. Figure 3-36 presents detailed 

dimensions of the spectrometer external assembly. 

 

Figure 3-36. Detailed Dimensions of Spectrometer Assembly 
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An emulated optical bench and mounting interface is included in each of the two 

spectrometers to provide consideration for the importance of vibrational stiffness in 

optical designs. The bench is a three layer panel consisting of two carbon fiber 

composite face sheets made of 1 mm M46J carbon fiber and an internal aluminum 6063 

honeycomb core – a design similar to the structural panels of the DebriSat exterior. The 

optical bench, shown in Figure 3-37, is mounted to the flat side of the open structural 

box of the spectrometer. All major optical elements are directly mounted to the optical 

bench using mounting inserts that are placed within the sandwiched panel.    

 

Figure 3-37. Exploded View of Spectrometer Optical Bench 

The incident light enters the spectrometer through the circular baffle housing 

opening before coming into contact with a 3 mm plano-convex lens made of N-BK7 

optical glass - the first of the spectrometer’s set of optics. The ray then enters a 90 

degree fold mirror that is emulated using a standard COTS telescope prismatic fold 

lens. The folding mirror is contained by a custom manufactured aluminum casing to 
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emulate structural and vibrational support for the mirror and is show as an exploded 

view in Figure 3-38. 

 

Figure 3-38. Exploded View of 90 Degree Fold Mirror and Casing 

Another primary emulated component in the spectrometer is the 3.8 mm 

uncoated convex lens mount that focuses the light ray just prior to entry into the CCD 

camera, shown in an exploded view in Figure 3-39. While titanium is no longer used in 

modern LEO structural elements, the material is still used as structural support in optical 

payload components. Thus, the primary structural element for the lens is a mounting 

bracket made of titanium to represent the high stiffness requirements demanded by 

standard LEO imaging payloads. For budgetary purposes, each spectrometer contains 

only one titanium mount. The 3.8 mm convex lens made of N-BK7 optical glass rests in 

the mount and is held securely in place by an aluminum mounting face.     
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Figure 3-39. Exploded View of Titanium Lens Mount 

The CCD camera is represented using the internal electronic components of a 

digital camera that are mounted into the holding braces of the aluminum electronics 

housing. Additional COTS printed circuit boards are in included in the CCD housing to 

represent integrated data processing capabilities. The webbed housing in Figure 3-40 is 

mounted directly to the optical bench and has ports for D-sub type connector cables 

(not shown) to be routed out of the spectrometer and to the payload support module. 

 

Figure 3-40. Spectrometer CCD Housing 
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In addition to the CCD camera housing, three boards of standard computer RAM 

are included to emulate secondary internal payload data recording capabilities. Each 

board has a Wedge Lock® attachment component and is mounted into an aluminum 

mounting frame on the spectrometer side panel to account for the increased stiffness 

requirements in the payload. Table 3-8 presents the mass breakdown of the main 

spectrometer payload components.  

Table 3-8. Spectrometer mass characteristics 

Component Mass (kg) Quantity Mass Subtotal (kg)  

Spectrometer Case 0.67 1 0.67  
Spectrometer Baffle Assembly 0.13 1 0.13  
CCD Housing 0.14 1 0.14  
45 Degree Mirror Assembly 0.10 1 0.10  
Titanium Mount Assembly 0.08 1 0.08  
90 Degree Fold Mirror Assembly 0.53 1 0.53  
Optical Bench Assembly 0.23 1 0.23  
Memory Assembly 0.06 1 0.06  
Jitter Damper 0.15 1 0.30  

TOTAL -- -- 2.24  

 

In addition to the dedicated internal circuitry and image processing components 

in each of the payload assemblies, an additional payload support module is included in 

the design of the DebriSat payload subsystem. The support module consists of 

electronic circuitry shielded in a dedicated, shielded avionics case that represents the 

capability for secondary on-board post processing and data formatting before packaging 

and transmission to ground stations via the TT&C subsystem. The support module also 

routes C&DH data and electrical power to each of the three instruments and is mounted 

to the internal face sheets of the composite structure panel. Table 3-9 shows the 

primary components used in the DebriSat payloads. 
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Table 3-9. Payload components 

Component Supplier Quantity 

Cassegrain Telescope Celestron 1 
Aluminum Sunshade Manufactured 1 
Mounting Ring Manufactured 1 
Avionics Adapter Ring Manufactured 1 
Printed Circuitry Manufactured 3 
CCD Camera Sparkfun 3 
Optical Avionics Lens Mount Manufactured 1 
Optical Lens Thor Labs 15 
Jitter Flywheel Manufactured 6 
Titanium Lens Mount Manufactured 2 
CCD Housing Manufactured 2 
Fold Mirror Casing Manufactured 2 
Optical Stiffening Case Manufactured 1 
Avionics Case Manufactured 1 
Spectrometer Case Manufactured 2 
Spectrometer Baffle Manufactured 2 
Computer Memory Sparkfun 6 
Payload Support Module Manufactured 1 
Computer Motherboard ATI 10 
D-sub connectors Alvatek 15 

  

The support module is designed to be a command and communication unit 

between all payload components. The box is mounted directly to an aluminum insert in 

the interior carbon fiber face sheet by twelve 5 mm mounting tabs and contains six 15-

pin D-sub type connectors that run to the payload components, power distribution 

module, and the flight computer.  The module is a manufactured aluminum box with ten 

circuitry racks integrated into the interior wall to hold ten COTS circuit board 

components. The support avionics design is to represent on-board computing, 

processing, command and control, and communication between the payload hardware 

and the other critical systems within DebriSat. The payload support module is shown 

below in Figure 3-41. 
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Figure 3-41. Payload Support Module 

In summary the payload contains non-functional emulated components that aim 

to be as representative as possible of material characteristics, shape, and size versus 

functional imaging capabilities. The design makes extensive use of aluminum 

components as well as titanium, optical glass, and printed electronics circuitry that 

Table 3-10 presents the mass of the DebriSat payload subsystem. 

Table 3-10. Total payload mass characteristics 

Component Mass (kg) Quantity Mass Subtotal (kg) Contingency (kg) 

Optical Imager Assembly 4.09 1 4.1 0.40 
Spectrometer Assembly 2.24 2 4.5 0.45 
Payload Support Module 3.10 1 3.1 0.30 

TOTAL -- -- 11.7 1.15 
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CHAPTER 4 
DEBRISAT PROPOSED HYPERVELOCITY TEST 

The previously described DebriSat satellite is currently being design to represent 

typical LEO satellite missions and will eventually be used to improve the NASA 

Standard Breakup Model. A hypothetical hypervelocity impact test is now proposed to 

describe how an impact would occur to provide new fragmentation data for updating the 

empirical NASA Standard Breakup Model and, subsequently, improving the outcomes 

of long term orbital environment population models. The primary objective of this test 

would be to provide detailed information on the fragmentation of a modern spacecraft, 

giving primary consideration to advances in composite materials, CIC solar cells, and 

new construction methods.  

Need for the DebriSat test arose following the accidental collision of Iridium-33 

and Cosmos-2251 in 2009 - the first between two intact satellite bodies. Following 

application of the existing Standard Breakup Model, results of the predicted fragment 

generation for the Cosmos 2251 fit well with the observed data from the SSN and 

Haystack monitoring telescopes. However, the predicted fragmentation of the Irdium-33 

from the breakup model did not match with the observable data from the resulting 

trackable items.  

The principal shareholders of such a test may include: 

 The satellite target construction team 

 Hypervelocity facility operators 

 Government stakeholders – including NASA and the DoD 

 Additional private entities identified as significant stakeholders 
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Test Objectives 

The primary objective of the proposed hypervelocity impact test is to characterize 

the debris fragmentation field resulting from a catastrophic impact to a modern LEO 

satellite. Specifically, the test is to determine the resulting fragment population that is 

generated from the impact, the mass of each fragment, and the cross sectional area of 

each fragment as averaged by its characteristic length.   

The secondary objectives of the test include determination of the impact 

dynamics immediately following the impact collision and determination of secondary 

characteristics that include the change in fragment velocity and their corresponding 

trajectories.  

The target for this proposed hypervelocity test will be the DebriSat satellite being 

designed for updating the NASA Standard Breakup Model, shown in Figure 4-1. 

 

Figure 4-1. Proposed hypervelocity impact target – DebriSat 
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Test Range 

The proposed impact test must be conducted at a facility with sufficient capability 

to generate a hypervelocity impact. The facility equipment should be able to fire a 

projectile that generates an impact energy to target mass ratio of at least 40 J/g – the 

threshold for determining if a collision is catastrophic or non-catastrophic [1]. In addition, 

the selected facility must have the capability to collect the resulting fragmentation 

objects in a manner that ensures their survivability and the measurement of flight 

velocities and trajectories.  Several facilities exist in the U.S. with the capability to 

generate impact velocities and facilities to meet the requirements of the test. These 

facilities include [29]: 

 White Sands Test Facility Hypervelocity Test Laboratory in White Sands, NM 

 AEDC Range G in Tullahoma, TN 

 Holloman High Speed Test Track at Holloman Air Force Base, NM 

 Langley Research Center Temperature Tunnel in Hampton, VA 
 

A specific test facility is not explicitly selected for this proposed hypervelocity 

impact test. Instead, the proposed test is based on typical characteristics of 

hypervelocity facilities and their capabilities. An assumption is made that the impact will 

occur in a ballistic blast chamber immediately downrange of the hypervelocity gun. The 

range layout for this proposed test is shown in Figure 4-2 and Figure 4-3. 
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Figure 4-2. Test range – End view 

 

Figure 4-3. Test range – Top view 
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Projectile Selection 

The projectile to be used in the test has been selected as a 160g aluminum 

sphere with a diameter of approximately 4.9 cm. The projectile would be launched for a 

collision velocity target of 7.0 km/s that results in an expected kinetic energy of 3.9 MJ. 

This corresponds to an expected energy to target mass of approximately 78 J/g – much 

larger than the catastrophic energy threshold of 40 J/g.  

Test Description 

The proposed test will be conducted in two hypervelocity tests: a pre-test impact 

test using a simulated composite spacecraft propulsion tank and the actual impact with 

the completed target satellite. 

The impact pre-test will occur on a simulated composite spacecraft propulsion 

tank in order to test that the selected facilities are correctly calibrated for capture of the 

actual impact data. In particular, the pre-test will determine if the instrumentation 

selected with trigger times, sight line, and field of view prior to the actual test are well 

calibrated. In addition to calibrating range instrumentation the pre-test shot data can be 

used for important breakup characteristics of composite tanks as well as comparison to 

other hypervelocity impact tests on simulated spacecraft components conducted in the 

past. 

The test on the target satellite will be the primary hypervelocity impact for which 

fragmentation data would be collected and analyzed under the suggested test 

parameters given in this work to update the breakup model. The DebriSat target satellite 

would be orientated in the range facility, as shown in Figure 4-4, such that the projectile 

flight path will impact the center solar panel of the target at an angle of 90 degrees.  
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Figure 4-4. Target impact trajectory  

The target will be positioned directly in the flight path of the projectile such that 

the center of mass of the target is coincident with the flight path of the projectile. This 

will correspond to a direct impact to the middle of the target. Four stainless steel eyebolt 

screws will be placed 90 degrees along a 12 inch diameter circle along the zenith 

hexagonal panel of the target to connect the target with the range facility. Four stainless 

steel braided cables will connect to the four eyebolts and secure the target to the ceiling 

of the facility such that the center solar panel is parallel to the exit plane of the muzzle 
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and perpendicular to the flight path of the projectile. The resulting orientation of the 

nadir hexagonal panel is parallel to the floor of the facility range.  

Fragment Catch System 

Successful capture of the resulting fragment objects following the collision is 

critical to the analysis and results of the impact test. A fragment catch system must be 

installed to the selected facility to allow the collection of objects following the breakup of 

the target. The catch system, its orientation, and its design affect: 

 Collection of fragment objects 

 Determination of fragment velocities 

 Determination of fragment impact angles and trajectories 
 
Thus, the proper design and placement of the catch system for the impact is 

critical to the outcomes of the proposed hypervelocity test. The catch system will 

provide as much of a bounded and enclosed physical envelope as possible, including 

considerations for both the projectile's flight path and necessary instrumentation field of 

views. Catch panels will be lined both parallel to the down range cross section and 

radially with respect to the down range centerline. 

Various materials were investigated for use as the catch panel capture medium 

and compared for both their material properties and test characteristics. After compiling 

the material properties and characteristics into a design trade based on a five tier 

comparison system using poor, fair, good, excellent, and best, as shown in Table 5-1, 

each property of the foam material was characterized. The choice of material was 

reduced to high density polyurethane foam over commercial ceiling tiles and Styrofoam 

planks based on its high density and stiffness. 
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Table 5-1. Catch panel material comparison 

Property Styrofoam HDPE Ceiling Tiles 

Breakoff Poor Best Good 
Size Availability Good Good Good 
Path Clarity Fair Good Fair 
Cost Best Fair Good 
Stiffness Poor Excellent Good 
Flammability Fair Good Good 
Toxicity Fair Good Good 
Density Poor Good Fair 

 

As shown in Figure 4-5, each individual catch panel assembly is composed of 

multiple sheets of foam measuring 48 inches length, 24 inches width, and 10.75 inches 

depth. An individual panel assembly is made of two primary materials – polyurethane 

foam and shatter-resistant Lexan. Both the Lexan and foam are cut to the proper 

dimensions and fastened together by four, 1 inch diameter, stainless steel bolts. Each 

individual panel is then mounted to the proper position within the test range. The use of 

Lexan as backing for the panel provides structural rigidity for the panel as well as acting 

as prevention for debris fragments from passing completely through the foam panel. 

Because of its homogeneous high density, the HDPE foam allows the high velocity 

particles to enter the panel and leave a definitive angle and trajectory through the foam. 

Each foam panel can later be analyzed to determine the velocity, based on the depth 

into the foam, and the trajectory, based on the angle and position in the foam. 

A total of 24 panel configurations will be used in the test, with 16 panels 

orientated radially with respect to the center axis of the test chamber and 8 panels 

orientated parallel to the exit plane of the gun. Holes and cut-aways will be added for 

considerations to line of sight of range instrumentation.  
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Figure 4-5. Catch panel assembly dimension 

This proposed system is similar to the catch panel system used for the SOCIT 

tests described in Chapter 2. SOCIT utilized foam planks backed with plywood to collect 

the fragments produced by the hypervelocity test. These panels were analyzed in a 

similar method by JPL using laser radar to determine the ballistic trajectory and 

velocities of the fragments that were collected within the panels. The proposed test for 

the DebriSat project at the AEDC facility however, currently utilizes ceiling tile panels. 

While this method collects debris fragments, based on the design study of panel 

materials, it may not be the best design choice for post-test determination of trajectories 

and velocities. 
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Overall, the design of the DebriSat hypervelocity impact test depends on the 

finalization and detail of the test objectives and requirements – specifically the study of 

ballistic fragment velocities and trajectories. The inclusion of ballistic properties into the 

post-test analysis of the results impacts the final design of the catch system and 

orientation of the target within the range facility. Advanced modern optical and radar 

instrumentation cannot independently and comprehensively determine ballistic 

properties. Use of material which leaves physically identifiable and measurable 

footprints must be considered for a comprehensive study of the fragment ballistic 

properties. This chapter has discussed a proposed test for which post-test analysis 

beyond the simple collection of fragments can be used to determine characteristics of 

the breakup.  

 



 

83 

CHAPTER 5 
POST-IMPACT CONSIDERATION 

Following the delivery and actual impact test conducted on the DebriSat target, 

analysis of the fragments generated from the DebriSat hypervelocity impact will begin 

following the collection and release of the fragments to the University of Florida. Several 

considerations are now given to aspects of the project immediately following the test.   

Health and Safety Considerations 

 Because of the nature of the impact test, extremely small particles, possibly on 

the order of nanometers, must be accounted for to prevent injury and illness to 

personnel tasked with analyzing the post-impact debris fragments. Proper ventilation of 

the impact area should occur at the test facility to eliminate airborne particles. Further, 

considerations to the cleanliness of the settled debris should be given to prevent the 

recontamination of small particles when being handled.  

Characteristic Analysis   

The primary objective of the DebriSat project is to identify the physical 

characteristics of individual hypervelocity collision fragments to include considerations 

for modern materials in the generation of statistical debris modeling. Specifically, the 

area to mass ratio of each fragment and the characterization of shape is of particular 

importance. 

In previous impact tests, characteristics of fragments were determined by utilizing 

small samples of fragments to find properties of common size bins. These size bins 

were typically determined using a characteristic length composed of x, y, and z 

dimensions, where the x dimension is the greatest point-to-point projected length in any 

plane of the fragment, the y dimension is the greatest point-to-point projected length 
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perpendicular to the x dimension plane, and the z dimension is the greatest point-to-

point projected length in the plane perpendicular to both the x and y dimension planes. 

These lengths are then converted to a characteristic length before being again 

converted to an averaged cross sectional area. While this method has been 

successfully used in the past, it does not provide an actual cross sectional area for a 

given fragment and the cumbersome measuring process allows only a fraction of the 

generated debris to be measured.  

In order to efficiently catalogue the thousands of fragments generated during the 

impact test, a visual inspection system (VIS) is proposed that will reduce the time taken 

to analyze each fragment in future impact analysis. With the proposed VIS, fragments 

are loaded on a rolling tray underneath a mounted camera such that picture-taking and 

measurement of two dimensions are performed in one step using custom software on a 

nearby computer. The rolling trays allow the next debris fragment to be loaded in a 

factory line fashion while the current debris fragment is analyzed under the camera. The 

diagram in Figure 5-1 illustrates the proposed steps of the process that the VIS will 

automate. 

 

Figure 5-1. VIS Process Flow 

The proposed VIS is intended to streamline the cataloguing of debris fragments 

from a ground-based hypervelocity impact test by eliminating the need to analyze 
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characteristic properties by hand with calipers along three orthogonal axes. The 

proposed vision system could demonstrate an improvement in fragment analysis time, 

measurement accuracy, and repeatability.  

Furthermore, the VIS provides consistent measurements for the x and y 

dimensions, leaving only the thickness dimension to be measured via calipers. Debris 

fragments are loaded onto a flat tray that is rolled under the camera and spring locked 

into place – ensuring proper alignment each time. The camera focal plane is aligned 

with the tray surface so that the length and width dimensions are calculated via image 

processing. The proposed Vis setup is shown in Figure 5-2. Measurement of the 

thickness dimension is then quickly determined as the dimensions orthogonal to the 

length and width plane. In the traditional method, significant variance from the exact 

dimensions may be expected if all three dimensions are measured by calipers, which is 

notably problematic for highly-irregular shaped fragments where the length, width, and 

thickness dimensions are not immediately obvious. 

 
 

Figure 5-2. Proposed VIS analysis station 
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The proposed VIS also allows pertinent information, specifcially cross sectional 

area, to be determined quickly by image processing. Figure 5-3 shows a possible 

method of measuring fragment cross sectional area by image analysis against a known 

reference area.  

  
Figure 5-3. Hypothetical VIS software analysis using known objects
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CHAPTER 6 

CONCLUSIONS AND FUTURE WORK 

This work explains the development of a representative LEO satellite and a 

corresponding hypothetical terrestrial impact test for improvement of the NASA 

Standard Breakup Model. The satellite design, specifically the EPS, C&DH, TT&C, and 

Payload subsystems, are representative of material and design for typical modern day 

LEO satellite missions. A brief overview of the breakup model development and 

corresponding critical input events is given.  

Future work includes the development of a comprehensive hypervelocity test to 

simulate the conditions of an actual on orbit catastrophic collision. In addition, additional 

work is required on considerations for analyzing debris fragments for physical 

characteristics using a computer vision based analysis approach.
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APPENDIX 
SPECTROLAB UTJ SOLAR CELLS 
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